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SUMMARY

A wind-tunnel investigationhas been conducted to determine the
high-speed subsonic aerodynamic characteristics of NACA 63-, 64-, 65-,
and 66-series airfoil sections having thiclmess ratios of 6, 8, 10,
and 12 percent and am ideal lift coefficient of 0.2 with the uniform-load
type (a = 1.0) of mean camber line. Section drag, lift, and pitching-
moment coefficientsmeasured at Mach numbers as high as 0.90 are pre-
sented for angles of attack from -6° to 10° or 12°.

For each thiclmess ratio, only a slight impatient of high-speed
section hag characteristicsresults from forward movement of position
of minimum base-profile pressure up to kO percent of the chord. At the
same time, however, decrease of lift-curve slope and increase of angle
of zero lift, both of which adversely affect longitudinal stability and
control, are delayed further beyond the critical Mach number. Hence it
is concluded that, for 6-series airfoil sections of a given thickness
ratio, those with minimum pressure near k(l-percentchord possess optimum
over-all aerodynamic characteristics.

Appreciable improvement in the high-speed drag of airfoil sections
can be achieved only by decreasing their thickness ratio. Fortunately,
the accompanying reduction in range of lift coefficient for good high-
speed section characteristics is, for these 6-series airfoils, much less
severe than consideration of the theoretically predicted critical Mach
number would indicate.

INTRODUCTION

In order to avoid excessive power requirements at subsonic speeds,
the airfoil sections for an airplane wing of given plan form must be
chosen so that the abrupt rise in drag associated with the formation of
shock waves is delayed to the highest possible speed. Airfoil sections
of the NACA low-drag type have critical speeds already so near to the
optimum value for any given thickness ratio (reference 1) that appreciable
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improvementcan be achieved only by further reduction in thiclmess. On
the other hand, structuralconsiderationsand the desirabilityof obtain-
ing a high nmdmum lift coefficientprescribeas thick a wing as is con-
sistentwith the attainmentof the requiredhigh speed. Present practice
is to choose wing sectionsof such thiclmessthat the msrked drag increase
associatedwith the formationof shock waves wi12 commencealmost immedi-
ately upon exceedingthe maximum level-flightdesign speed.

This practicemight on first thought appear to be a happy compro-
mise. Unfortunately,however, other adverse eff:cts of compressibility,
of a more treacherousnature, often manifest themelyes at or slightly
above the speed at which the msrked drag rise begins. Chief among these
are an abrupt increase in angle of zero lift for cambered airfoils and a
pronouncedreduction in lift-curve slope. Both have a deleteriousinflu-
ence upon the airplane trim and longitudinal stabilityand control, as
discussed for unswept wings in reference 2.

If the speed at which these adverse effects commence is exceededby
the airplane,as in a dive, the increase of angle of zero lift coupled
with a decrease in lift-curveslope alters the trim to promote a further
diving tendency. Concurrently,greater stabilityresults from the reduc-
tion of lift-curveslope and from adverse changes in wing pitching moment.
In extreme cases the increase in stabilityis so great that recovery from
the dive cannotbe effectedby use of normal elevator control. Loss of
the aircraftwill follow unless drag at lower altitudeslimits the speed
sufficientlyto re-estibilishelevator control, or other more Powerfi
means of obtaininglongitudinalcontrolare protided. It would accord-
ingly appear desirableto choose for a high-speedairplane an airfoil
having, at the design lift coefficient,as high a critical speed as is
consistentwith structurallimitationsand, further, having as small
adverse effects as far beyond that speed as possible.

In the case of abcmber, the level-flightlift coefficientwill
w tmo@ a wide range even on a single flight as a result of changes
in l~g causedby fuel consumptionand disposal of botis. In the case
of a fighter aircraft,a similsrlywide range of operatinglift coeffi-
cient will be required to attain satisfactorymaneuverability. The ideal -
airfoil for high-speedaticraftwould thereforemaintain the desired
high-speed characteristicsthroughouta broad range of lift coefficient.
That this ideal maybe difficultto achieve is indicatedby theory which
predicts that, as the critical speed of an airfoil is increasedby
reducing its thickness,the range of lift coefficientover which favor-
able high-speedcharacteristicsare realized shrinks rapidly.

Because existingtheory cannot be relied upon to predict these
conflictingeffects accurately,the choice of optimum subsonicairfoils
must be guided by experiment. Accordingly,in 1945 and 1947 tests were
conductedin the Ames 1- by 3-1/2-foothigh-speedwind tunnel to deter-
mine the subsonic characteristicsof 16 NACA 6-series airfoilshaving
various thicknessratios and pOSitJOnSof minimum pressure. The results
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for 12 airfoils were originally published in 1945 in a report of limited
circulation by Milton D. Van Dyke and Gordon A. Wibbert which was supple-
mented ti 1947 by data for the 63-series sections published in a report of
limited circulation by Richard J. Ilk. These results are Combfied h tie
present report, and the discussion is somewhat revised, notabl.yby includ- ‘
ing an analysis of the data according to the transonic”si@larity rule.

airfoil

section

section

section

section

section

reduced

SYMBOLS

chord length

bag coefficient

drag coefficient at theoretical critical Mach number

lift coefficient

section lift coefficient

pitching-moment coefficient about

lift-curve slope, per degree

quarter-chord

section drag coefficient functions in transonic
similarity rule
(See equations (2) and (l).)

reduced section lift-curve-slope function in transonic
similarity rule
(See equation (6).)

free-stream Mach number

theoretical critical free-stream Mach number

free-stream Reynolds number based on chord

airfoil ~um thiclmess

section angle of attack, de~ees

transonic similarity

transonic similarity

point

parameter
[(t/c)m]F-l“

2

parameter at theoretical critical Mach
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APPARATUS AND METHODS

The following 16 NACA low-drag airfoil sections, having uniform-
~e (a = 1.0) mean camber line, were tested:

-1’

63-206 64-206 65-206 66-206
63-208 64-208 65-2o8 66-208
63-210 64-210 65-=0 66-21o
63-2M 64-2J2 65-212 66-212

The models were of 6-inch chord, polished aluminum alloy construc-
tion, and completely spanned the l-foot width of the tunnel test section.
End leakage was preventedby a compressed rubber gasket at each end of
the airfoil to assure two-tiensional flow. Sketches of the airfoils
appear in figure 1, and the ordinates for each section are presented in
table I. (The airfoil terminology and method of calculating ordinates
are described in reference 3.)

The Ames 1- by 3-1/2-foot high-speed wind tunnel, in which the tests
were conducted, is a two-dimensional flow, low-turbulence, single-return-
type tunnel. It is powered by two 1000-horsepower electric motors
driving oppositely rotating propellers. This power is sufficient in all
cases to choke the tunnel.

,,

The airfoil lift and pitching moment were determined by tunnel-wall- 1

reaction measurements, using a method similar to that described for
measurement of lift in the appendix to reference 3. Previous tests have

.

demonstrated excellent agreement at all Mach numbers between lift and
pitching-moment characteristicsas determined from wall-reaction measure-
ments and from integration of simultaneously obtained pressure distri-
butions.

Drag was determinedly the wake-survey method using a movable 9-inch- 1

wide rake of 35 total-head tubes. The rake was moved to take nece&sary
additional reatings when the wake width was ~eater than 9 inches at the
dzag-rake station. It was not possible to evaluate the entire drag at
the choking Mach number because the airfoil wake then extended from the
floor to the ceiling of the tunnel test section. Drag coefficients were
computed by the method of reference 4.

For all tests, the free-stream Mach number ranged from 0.30 to the
tunnel choking speed - appro-tely 0.90 Mach number at low angles of
attack. The corresponding variation of Reynolds number was from one to
nearly two million for the 6-inch-chord models investigated. (See
fig. 2.) Each airfoil was tested at angles of attack varying by incre-

.

ments of 2° from -6o to 10° or 120,2 which range was ordinarily
I
h

.
21n the case of the NACA 65-206 and 66-212 airfoils, the actual angles
were 0.5° greater than these values.

—. —- :.-
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sufficient to determine
believed to be accurate
airfoil are reliable to

the stall. Settings for angle of attack.are
to within *O.lOO; relative readings for any one
within t0.05°.

TEST RESULTS

Drag, lift, and quarter-chordTitching-moment coefficients at con-
stant angle of attack are plotted for each of the 16 airfoils as functions
of free-stream Mach nuniber M in figures 3 to 50. Corresponding cross
ylots at constant Mach number present, in figures 51 to 98, the variation
of section lift coefficient with angle of attack, and of section drag
and pitching-moment coefficientswith lift coefficient. All data have
been corrected for tunnel-walJ_interferenceby the method of reference 5.

In figpr% 3 to 50, the experimentalpoint shown at the highest
Mach nuriberfor each angle of attack was obtained with the wind tunnel
choked. Except for the pitching moment, data obtained at the choking
speed canbe repeated with good ageement. However, it is shown in
reference 5 that the choked condition cannot be corrected to free-air
flow since, in fact, no equivalent free-air flow exists. The usual cor-
rection procedure has nevertheless been applied to these data, and the
results are presented as a matter of interest.

These data are considered tobe unreliable not onlyat the choldng
speed, but also within some range of Mach number below this limit. Shock
waves begin to form on one or both surfaces of an airfoil salonafter the
critical Mach nuuiberof the section is exceeded. At “somehigher speed
they will have etiended sufficiently far across the tunnel so that their
interaction with the tunnel walls can no longer be neglected. An attempt
has been made in figures 3 to 98 to indicate by a dashed liriethe possible
extent of the Mach number range below choking within which the &ta are
at least quantitativelyunreliable. This range may logicallybe presumed

. to be greater at high angles of attack since one surface of the airfoil
then shocks at a Mach number far below the choking Mach number.

DISCUSSION

Drag Coefficient

subcritical characteristics.-Within the low-drag range of li%t
coefficients, figures 3 to 18 show that the section drag coefficient at
constant angle of attack decreases slightly in most cases until a Mach
number of O.~ is reached; this is probably a consequence of increasing
Reynolds nuniberrather than any compressibility effect. From this point
on, whether considered at constsat angle of attack ory as in fiwe 99> at
constant lift coefficient, the drag coefficient remains essentially un-
changed until the predicted critical Mach number of the airfoil is exceeded.

.— —-— ..-.— —— .
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A curious phenomenon appears in figures 3 to 18 for higher angles
of attack. After an initial rise with Mach number, the drag coefficient
drops to a “trough” ImmediatelyPreceding the final abrupt rise. This .

trough a~ears tobe characteristic of NACA 6-series airfoils. It appears
aho in tests of NACA 652-~5 (a = 0.5) and 66, 2-215(a = 0.6)airfoils,
but is absent in”the case of I?ACA0015 and 23017 airfoils and scarcely
discernible in the case of the NACA 4-415section. (See reference 6.)
The trough becomes more gentle if the variation is considered at constant
lift coefficient, as in figure 100(a), rather than at constant angle of
attack. The cause of this trough has not been determined. It is inter-
esting to note that a similar variation of drag was reported for circular
cylinders in reference 7. Balance measurements of the drag of cylinders
of various diameters (representingReynolds numbers of from 0.06 x 10s to
0.25 x 106at o.65ME@ nuniber)showed in each case a trough of the same
form. (See fig. 100(b).)

Because the forces to be measured vary over a wide range, results
at low Mach nmibds are unduly affected by errors in tares and zero
readings which are negligible at higher speeds. For this reason, low-
speed values of drag shouldbe considered as qualitatively rather than
quantitatively correct. For example, the consistent reduction in low-
speed &cag coefficient expected to accompany rearward movement of the
~osition of minimum base-profile pressure is not evident in figure 99.

Low drag range.- At low speeds, the drag,polar curves for these
airfoils exhibit a characteristic %ucket” (reference 3). The drag has
a low value within the range of l~t coefficients for which the minimum
pressure points on both surfaces lie wellback on the airfoil. Outside
this range the drag Junps sharply to a higher value. The present tests
do not provide enough points to show this variation accurately. Measure-
ments were made at increments of not less than 0.2 lift coefficient,
whereas the extent of the low drag range is at most 0.4 lift coefficient
at low speeds. !l?herefo$e,only one or two test points are available
within the low drag range. Many more points wouldbe required, particu-
larly near the ends of the region, to trace the typic~ bu~et c~ve.
However, despite the fact that the drag curves (figs. 51 to 66) were
obtained by fatiing through widely separated points, they give, particu-
larly for the thicker sections, a suggestion of the typical bucket s~Pe.

This matter has been investigated in greater detail, as shown in
figure 101 for two of the airfoils, the NACA 64-2o6 and 66-212 sections.
Here advan-ge has been taken of the results of tests of the same air-
foils in the Iangley two-dimensionalwind funnel (reference 3) to fix
the extremities of the low drag range. Small-perturbation theory would
predict that at any free-stream Mach nuder M the values of lift coef-
ficient corresponding to each end of the low drag range are equal to the
low-speed values multipliedby (1 - M2)-1’2. Low-speed values from
reference 3 have been magnified by this factor> and the POl~ c~ves of
figure 101 are assumed to be flat within these lhits and pass through
the single available point. In this manner, for every Mach nuiber up to

.

.
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the critical it is ~ossible to draw
which are remarkably similar to the

7

curves ~assing through each ~oint
low-speed curve. The agreement,

shown here for only two airfoils, was founiito be equally as good for
the others. Hence it seems reasonable to assume that for alJ_16 airfoils
investi~ted the typical bucket form of the drag curve is preserved until
the critical speed of the section is exceeded, and the corres-pontig
range of lift coefficients for low drag increases with free-stream Mach
nwiber according to the factor (1- M~-1/2. outside the low ~agr~ge
the drag coefficient rises more rapidly with change of lift coefficient
than is indicated by the test results of reference 3. The @ifference
can probably be attributed to the lower Reynolds nuniberof the present
tests.

Once the critical Mach number of the section is exceeded it immedi-
ately becomes impossible to fit a curve of the form assumed above. The
low drag range vanishes; the polar curve becomes more parabolic in form,
and, with further increase in speed, shifts so that the lift coefficient
for minimum drag approaches zero.

Critical Mach number.- Abrupt changes in the magnitudes of the forces
acting upon an airfoil, and of the drag in particular, are known to occur
at speeds somewhat in excess of the critical Mach number &r defined

as the Mach number of the free stream for which, at some point on the
surface of the airfoil, a velocity equal to the local velocity of sound
is first attained. For a given airfoil section, the critical B@ch ntier
is a function only of the lift coefficient, and references 1 and 3 present
a method for approximattig this relationship on the basis of the known
low-speed pressure distribution over the surface of the airfoil.

For NACA low-hag airfoils of moderate thickness, the maximum
velocity (or minimum pressure), which determines the critical speed,
occurs at a point which jumps between the ,midportionof the airfoil and
the nose with change of angle of attack. The variation of critical Mach
number with lift coefficient, consequently,has the characteristic jointed
form shown in figure 102. The curves consist, for these cambered air-
foils, of three connected segments: a central nearly flat portion encom-
passing the low drag range, which is associated with the realization of
the,maximum velocity on the upyer surface of the airfoil near the position
of maximum thiclmess; and two steeply inclined lines, which are determined
by maximum velocity at the nose on the upper or lower surface.

Comparison.of the variation of critical Mach number as determi~ed
from pressure-distributionmeasurements over NACA 652-~5 (a . 0.5) and
66,2-215 (a . 0.6) airfoils with that pred.ictedby theory has shown
good agreement throughout the flat portion of the curve (reference 6).
However, the experimentally determined corners are shifted farther out
along the flat portion of the theoretical curve. As a result, the range
of lift coefficients for high critical Mach numbers extends to consider-
ably higher values than theory wotid predict. Beyond the corners the
experimental curves fall.roughly yarallel to those predicted by theory.

. ..—.—._ --—— —-
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The discrepancy is caused principally by the fact that the K&%an-Tsien
~1

relationship employed in the theoretical method to obtain high-speed
pressure coefficients from”incompressible values, while giving excellent

,,,.

agreement with experiment over most of the airfoil surface, overestimates
.

the increase at the nose.

In tiew of this extension of the high critical-speed range of lift
coefficient, the flat portions of the theoretical curves shown in
figure 102 have been extended for p~oses of comparison in the following
discussion. This was done by assuming that the critical Mach number
continues to be determined by the velocity occurring near the position of
maximnm thickness.

Drag beyond critical speed.- The critical Mach number is, in itself,

of no interest to the designer of high-speed aircraft. It is useful
only insofar as it aids in predicting the sudden changes in forces accom-
panyhg the formation of shock waves over an airfoil. Thus the Mach
nuniberat which the drag coefficientbegins suddenly to depart from its
low-speed value, termed the Mach nurriberfor drag divergence, is of greater
practical interest.

The Mach nunilk for drag divergence has been chosen from the experi-
mental curves (figs. 3 to 18) as that hlachnumber at which the final rise
in drag coefficientbegins. For low angles of attick, this Point is
fairly clearly defined. The drag curve can be a~roximated by a hori-
zontal line folluwed by a psrabolic rise, and the divergence point is
taken to be the beginning of the parabola. At higher angles of attick
precise determination of the divergence point is rendered difficult by
the presence of the trough discussed previously. In these cases the
divergence point is taken to be the bottom of the trough.

The Mach nunibersfor drag divergence selected in this mmner are
compared in figure 102 with the critical Mach nuniberspredicted theo-
retically. It is seen that the Mach nuder for drag divergence is very
nearly equal to the predicted critical Mach number throughout the range
of lift coefficient within which the latter has a high value. The Mach
number for drag divergence remins high, however, throu@ a considerably
wider range than does the theoretical critical Mach number. This widen-
ing of the favorable range of lift coefficient is explained in part by
the fact, mentioned previously, that the actual extent of high critical
liachnunibersis somewhat greater than theory wo~d ~dicate. However>
this does not constitute a complete explanation,because in the tests
of thicker airfoils referred to preciously (reference 6) the Mach nuniber
for drag divergence was found to remain high through a much wider range
of lift coefficient than did even the experimentally determined critical
Mach number.

A possible explanation for this extension suggests itself. When,
as is the case within the favorable range of lift coefficients sonic
velocity first occurs on the gently curved midportion of the airfoil,

.

.
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only a slight Mach number gradient exists
increase of free-stream Mach number above

normal to the surface. A
the critical will produce

9

an
extensive region of local supersonic flow, culminating in a shock wave
extending f= out from the airfoil and in~olving a correspondinglylarge
drag increase. On the other hand, when sonic velocity is first attained
on the sharply curved nose of the airfoil, the local Mach nuuiberdrops
abruptly with distance away from the surface. A much greater increase
of free-stream Mach number above the critical may then be requir@ to
induce a shock wave extensive enough to produce large losses. Further-
more, when sonic velocity a~ears first on the midportion of the airfoil
rather than at the nose, the bo~ layer will be more fully developed
at the shock wave. The flow may then be more susceptible to separation
in the vicinity of the shock, which will result in ra~id increase of
drag.

It will be noted that the Mach nudbers for drag divergence folJ-ow,
for some distance in each direction, the etiended theoretical critical
Mach numbers calculated by neglecting the velocity peak at the nose of
the airfoil and assuming that the velocity near midchord is always the
greatest to be found anywhere on the airfoil.

Insufficientpoints are available to determine, with any accuracy,
the exact amount by which this favorable range of lift coefficients
extends beyond that for high critical Mach numbers. In fairing the
curves of figure 102, however, the assumption has been made that the
variation of Mach number for drag divergence is of the same jointed form
as that of critical Mach number.. This assumption may be unwarranted;
its justificationlies in the fact that curves of this form can be drawn
to pass through enrypoint. Whether or not this hypothesis is admitted,
it is evident that the range of lift coefficients for good high-speed
drag characteristics is twice as wide as the theoretical range of high
critical speeds for 12-percent-thickairfoils and three times as wide
for the 6-percent-thick sections. It shouldbe noted that, even for the
thinnest airfoils tested, high Mach numbers for drag divergence are
attained over a wide enough range of lift coefficient to in-e adequate
maneuverability in a fighter airplane at high speeds, and satisfactory
performance at diverse loading conditions and altitudes for a high-speed
boniber.

The variation of drag coefficient with llachnumber at the design
lift coefficient of 0.2 is shown for the 16 airfoils h figure 99.
Theoretical critical Mach numbers are also indicated (extended values
from fig. 102 are shown for the NACA 65-206 and 66-206 sections). It is
seen that at design lift the supercritical drag rise is practically
unaffected by position of minimum pressure. The critical Mach nuniber
increases so slightly with rearward movement of minimum pressure that
significant improvement of high-speed drag characteristics can be achieved
only by reducing the airfoil thickness ratio.

Finally, the nature of the increase in drag coefficientbeyond the
theoretical critical Mach nunibermaybe considered. Figure 99 suggests

?. .— . . ..— —.— . --—— —— .—-...
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that the form of the rise maybe almost identical, at least near the
design lift coefficient, for airfoils of widely varying thichess ratios,
as well as different positions of minimum pressure. Attempts based on
both theory and experiment have in the Tast been made to obtain some
form of universal drag curve applicable beyond the critical speed. The
increment in drag coefficient above that observed at the theoretical
critical Mach number is shown in figure 103 for all.but one of the air-
foils near zero angle of attack as a function of the corresponding
increment in Mach nuniber. (Values for the NACA 65-206 airfoil are not
shown because no experimentalpoints were obtained within the favorable
range of predicted critical Mach number.) The points are seen to define
a single curve; all scatter lies within the range of experimental uncer-
lxiimty,and no consistent variation from the mean appears with change
of either thickness or midmum-pressure position. Plotting the same
points on logarithmic coordinates shows a slope of 2; accordingly a
parabola, givenby

- cd - Cd =2.36 (M -Mcr)2 (1)

has been fitted in figure 103. This correlation is not confined to zero
angle of attack, because for the NACA 66-212 section the angle was 0.5°.
It seems likely t~t equation (1) will predict the supercritical drag
characteristics of these airfoils throughout the theoretical range of
lift coefficients for high critical Mach numbers. Outside this range,
however, the agreement is found to be mediocre.

The question arises whether this empirical correlation is in accord
with the transonic similarity rule (reference 8). Unfortunately, the
similarity rule is not strictly applicable here. Each group of airfoils
hatig the same minimum-pressure-positionwould constitute a family of
“similar” shapes were it not for the fact that their camber is fixed,
rather than proportional to thiclmess. However, it seems reasonable to
apply the rule as an

If the airfoils
be relatedby

approximation in the follo&g way.

were truly similar, their drag coefficients would

cd = (t/c) 5’3Dl(~) (2)

where t/c is the thicbess ratio, and D1 is some function of the

transonic similaritypar~eter

~=M2-1 (3)
(t/c)2/3

This rule does not apply even a~roxhately to the present airfoils
because camber strongly affects the critical Mach number. Except for
the skin friction, which lies outside the scope of the similarity theory,
the drag must rise from zero at the critical Mach nunhr. Hence the

m. I

.

, ,4.
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shilarity rule may be written in another form as

cd - cd = (t/c) 5’3Da (~ - &)
cr

(k)

where 5~, the value of the similarityparameter at the theoretical

criticalMach nunber, is, within the accuracy of the transonic shdlar-
ity theory, a constantfor truly similar shapes. In this form it seems
reasonableto apply the rule to the present airfoils,because the fact
that gm is not constant is accounted for. Thus the dissimilaritydue

to cauiberis counterbalanced.2

Using the shilarity rule in this way, the data of figure 103 can
be fitted by taking the function D= to be twice the square of its
arguments This gives

5/3(E - gcr)2=2(t/c) l\3 (M=_ Mcr2)2 (5)cd- cd = 2(t/c)

For all 16 airfoils,this expressiondiffers from that of equation (1)
by less than 3 percent. Hence there is no need to replot the data;
figure 103 may be regarded alternativelyas a correlationaccordingto
one form of the transonic similarityrule.

Lift Coefficient
.

.

Angle of zero lift.- For ticompressibleflow, thin-airfoiltheory
permits calculationof the angle of zero lift, which is determinedlargely
by the camber line, as discussed in reference 3. Assuming the theoretical
value of the lift-curveslope, 2X per radian, the angle of zero lift for
airfoils having a design lift coefficientof 0.2 and an a = 1.0 mean
camber line is calculatedto be -1.82°. The experimentalvalues are,
with one exception,slightlyless negative than this at low Mach nunbers,
in agreementwith the results of reference 3. (See fig. 104.) The
anomalousbehavior of the NICA 65-206 airfoil may result from apparent
poor model constructionnear the trailing edge. At low speeds little
consistentvariation of zero-liftangle, either with thicknessor Posi-
tion of minimum pressure, is evident from figure 104.

21t seems likely that the latter form of the similarityrule will yield
better correlationnear the criticalMach nunber even for similarair-
foils, because ~w is not actually constantbut varies markedly with
thicknessas a result of higher-ordereffects.

3The simplicityof the numerical tactor 2 has no significance,because
powers of (7 + 1) have been neglected in stating the similarityrule,
where 7 is the adiabatic exponent.

.. ..—-—.z — .— — _._———— —
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With increase in Mach number, the angle of zero lift is seen to
remain sensibly constant, or tend only slightly closer to 0°, up to the
etiended theoretical value of the critical Mach nunibertaken from
figure 102. Approxhatel.y 0.07-5Mach nuniberabove this critical speed,
the 12- and 10-percent-thick airfoils exhibit an abrupt increase in
angle of zero lift; and the same effect appears to have just commenced
at the highest test Mach numbers for the thinner sections. This sudden
chsmge in angle of zero lift, together with the decrease in lift-curve
slope discussed later, till require large alterations of trim for an
airplane in level flight at any wing loading.

<

.

Lift at constant angle of attack.- At moderate angles of attack,
the increase of lift coefficient with Mach nuniberis in accord with the
Prandtl-Glauert factor (1 - M2)-112 up to the critical speed of the
section. (See figs. 19 to 34.) At greater angles, however, this char-
acteristic curvature no longer appesrs; the variation is more nearly
linesr within the Mach number remge 0.30 to 0.60, and in many cases the
curvature is actually reversed, as it is for the I?ACA65-2I.2section
at 6° and -6°. (See fig. 30.) MS behavior can possibly be explained
as a vsriation with Reynolds number, which predominates over the com-
pressibility effect at low speeds.

Supercritical characteristics.-At any angle of attack, shortly
after the critical Mach numiberfor the section has been exceeded, the
losses in lift which accompany shock-wave formation begin to counteract
the subcritical rise. An inflection point is reached in the variation

.

of lift coefficientwith Mach nuder for constant angle of attack I

fol.lowedby a peak beyond which the lift falls rapidly. A final abrupt 1
reversal within the last few thousandths of a Mach nmiber before the
choking speed often appears in the present tests, and in most other
high-speed subsonic wind-tumnel data.

The rapid loss of lift beyond the critical speed, producing as it I
does a large change in airplane trim and a dangerous increase in sta- 1

bility, must, for atioils titended for high-speed aircraft, be post-
yoned to as high a Mach number as is practicable at the large lift
coefficientsrequired for dive recovery as well as near design lift.
Reduction of airfoil thicbess, with consequent increase in critical
Mach number, serves within the low drag range to raise the speed at
which these undesirable effects appear. Consideration of the theoretical
variation of critical Mach nuniberwith lift coefficient might lead to
the conclusion that any hprovement inside the lti drag range can be
achieved only at the expense of geatly impairing the characteristics
at other lift coefficients. That this fear is unfounded is demonstrated
in figure 102. Mach nuriberfor lift divergence, defined as the inflec-
tion point in the curves of figures 19 to 34, is shown as a function of .

lift coefficient,points used in cross plotting again being indicated.
It is seen that, in every case, the behavior of Mach number for lift

.

divergence is similar to that of Mach number for drag divergence dis-
.

cussed previously. Instead of falling off rapidly outside a narrow

—— —— 1.
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range of lift coefficientas does the theoreticalcriticalMach nuniber,
it remains high through an even g,eater,range than does the Mach number
for drag divergence,running parallel to the efiended criticalMach num-
ber curve for a considerabledistance in each direction. This widening
of the favorablerange may be causedby the fact, mentionedbefore, that
the boundary layer will be more resistant to separationin the vicinity
of a shock wave which appears near the nose than for one occurringfirst
on the midportion of the airfoil.

It is importantto observe that the Mach nmiber for lift divergence
lies considerablyfarther above that for drag divergence in thd case
of 63-, @-, and 65-seriesairfoils than it does for the 66-series
sections. As a consequence,because supercriticaldrag rise is essen-
tially the same for all 6-seriesairfoils of equal thickness,the
66-seriesairfoils exhibit adverse compressibilityeffects at lower
speeds,and at lower drag coefficients,than do the other sections. In
this respect, then, 66-seriesairfoils are somewhat inferior in high-
speed performance to those having rein-pressure farther forward.

Lift-curve slope.-Low-speed lift-curve slopes shown in figure 105
are smsller than those reported M reference 3 for airfoils of the same
series, and appreciablyless than the theoreticalvalue for thin air-
foils (2fiper radian). The discrepancycan probablybe attributedto
differencesin Reynolds number. Variation of thicknessratio and mini-
mum pressureposition have little effect on the low-speedlift-curve
slope; a slight decreaseresults in every case, however, from rearward
movement of minimum pressure. (See fig. 105(b).)

For all 16 airfoils the increase of lift-curve slope with Mach
nuriberis well representedat moderate speeds by the factor (1 - %)-liz
derived from small perturbationtheory. At higher Mach numbers, the
rise is somewhatmore rapid, reaching a sharp peak beyond the critical
speed.4 This peak is delayed to higher values of Mach number and lift
coefficientwith decrease of thicknessratio and aiso with forwardmove-
ment of the chordwiseposition of minimum base-profilepressure. This
delay is ordinarilydesirable. It must be noted, however, t~t exces.
sively high values of wing lift-curveslope tend to produce airplane
instability,as discussed in reference 2. For this reason the present
6-percent-thicksectionsmaybe unsuitablefor use on unswept-wing
aircraft in cases for which the low-speed stabilityis marginal.
Furthermore,great care must be exercisedin the choice of a section
for the horizontaltail plane when a thin wing section is employed.
Serious instabilitymay result if the tail plane is so thick that it
experiencesa loss of lift-curve slope at a lower Mach number than does
the wing.

As discussedpreviously,the transonic simil~ity rule is not
strictlyapplicableto these airfoils because of their fixed camber.

4For the MIcA 65-206 and 66-2o6 sections,the theoreticalcriticalMach
numbers indicated in figure 105 are the extendedvalues taken from

..-—— —._.._ ___ —— ---—-—— ——— .- —.. ... ... . . . . _e___ _____
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However, according to thin wing theory, lift-curve slope is independent
of camber in both subsonic and supersonic flow. It seems reasonable to
assume that this is true also in the intermediate transonic range pro-
vided that the lift curve is linear. If so, the lfit-curve slopes for
airfoils having the same thicbess distribution but different thickness
ratios t/c are related by

(6)

where & is some function of the transonic similarity pnxuneter ~
(equation 3).

The present lift curves are generalJy fairly linear up to the
design lift coefficient of 0.2 (see figs. 67 to 82). Therefore, the
“reduced lift-curve slope,” (t/c)l\s (dcZ/da), at design lift has been
plotted as a function of the similarityparameter in figure 106. Com-
parison with figure.105(a) shows that, in general, the correlation of
data at high Mach nunibershas been significantly improved. Excepting
the anomalous results for the 65-208 airfoil, the correlationprobably
lies within the bounds of experimental error and uncertainty in block-
age corrections.

The lift cues themselves (figs. 67 to 82) often show, above the
low drag range of lift coefficient, the jog typical of NACA 6-series
airfoils, which is analyzed in reference 9. Beyond a Mach number of
0.65 or 0.70 the jog disa~eszs or is obscured by other phenomena. The
results of reference 9 indicate that at least for low speeds it will
vanish entirely at flight values of Reynolds number, and there is little
reason to doubt that it will then disappear at all speeds.

M%@mum lift coefficient.- It must at the outset be emphasized
that the low-speed values of ma~um lift coefficient obtiined in these
tests are not applicable to flight conditions. Numerous investigations
have indicated that scale effect is so great that, at the higher
Reynolds numbers of flight, maximum lift coefficients half again as
large as those shown in figure 107 maybe attained. Other tests of
several of the present airfoils at greater values of Reynolds number
indicate, as wouldbe anticipated, that the low-speed nmxhnum lift
coefficient increases as the min3mmm pressure is moved forward as far
as the 4C1-percent-chordposition. (See reference 3.)

a

.

The results of reference 10 indicate that scale effect on maximum
lift coefficient vanishes above a Mach number of about 0.55. The present
results shown in figure 107 can therefore probably be applied with con-
fidence above 0.60 Mach number. At these higher speeds the maximum lift .
coefficient is greatest for airfoils having minimum pressure at the
40- or n-percent-chord position. Thus it is seen that atifoil sections
with midmumpressure near 40 percent of the chord, in addition to having .

almost as good high-speed drag characteristics as sections with minimum
pressure farther back, and higher Mach nurtibersfor lift divergence and

I

.

.

— _ _.. . .. - . . — — ___——— -—-—- -— —
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for change of angle of zero lift, likewise demonstratehigher maximum
lift coefficientsat low speeds as reported in reference 3; and, as
shown by the present tests, these airfoil sectionsmaintain-this
superiorityup to high Mach nuribers.

AIJ.16 airfoils show desirablegradual-stallchara&eristics up to
high Mach ntiers’ (figs. 67 to 82). The nature ofthe
be essentiallyindependentof both thiclmessratio and
mum pressure.

Pitching-MomentCoefficient

The pitching moment of an airfoil, like the angle

stall seems to
positiQn of mini-

Of zero lift, is
determinedmainlyby the mean caiber line. The low-speedvalue can
accordinglybe calculatedfrom thin-airfoiltheory. For all 16 air-
foils consideredhere, the theoreticalvalue of the quarter-chord
pitching-momentcoefficientis -0.05. (See reference 3.) Figues 35
to 50 indicate the experimentalvalues to be in most cases smaller than
this at low speeds and low angles of attack, and reference 3 reports
that such is generallythe case for airfoils camiberedtith the uniform-
load type (a = 1.0) of mean camber line.

At moderate angles of attack, the variation of pitching-moment
coefficientwith Mach nuriberup to the critical is representedroughly

Ma ’112 fr~ small-perturbationtheory.by the factor (1 - At higher
Mach numbers the variation definitelydeparts from this rule.

.
It would be desirableat this point to define a moment divergence,

analogous to the drag and lift divergencesdiscussedpreviously,and to
consideras before the Mach number at which it occurs. However, con-
siderationof figures 35 to n indicatesthat changes in pitching-
moment coefficientare much less pronounced near the critical speed
than are changes in either drag or lift coefficient. Consequently,
formulationof a criterionfor moment divergencehas not been attempted.

Figure 108 presents the variationwith Mach number of the quarter-
chord moment coefficientat the design lift coefficients The variation
is stiarfor au 16 airfoils, no effects of changing either thidmess
or mhdmun-pressure position being discernible.

,, , Because of the strong effect of camber upon pitching moment, no
attempt has been made to apply the transonic similarityrule.

,-

sAgaim,for the NACA 65-206and 66-206 airfoils extendedvalues of
Mcr are shown.

—..—.- ..— —-. ..—. .—— — —— –—— —— —-—
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The
Slibsonic

1.

CONCLUSIONS

most iqortant conclusions to be drawn from
speeds of 16 NACA 6-series airfoil sections

.

tests at high
are the following:

The “bucket” form of the low drag range of the drag curve
appears to persist w to the critical speed of-the section,‘the corre-
sponding range of lift coefficient increasing with Mach number by the

factor (1 - M7-1/2.

2. The Mach number at which a rapid increase in drag coefficient
begins is very nearly equal to the critical Mach number predicted by
the theory of references 1 or 3 throughout the range of lift coeffi-
cient within which the theoretical value is high. Outside this range,
all 16 airfoils continue to exhibit good drag and lift characteristics
through a considembly wider range of lift coefficient.

3. Near design lift, the increase in section drag coefficient
beyond the predicted critical Mach number is nearly identical for all
16 airfoils and canbe representedby a parabola. This correlation is
in accord with the transonic similarity rule.

4. Within the limits investigated, variation of chordwise position
of minimum base-profile pressure has almost no effect on the high-speed
drag *cteristics of these airfoils. A~reciable iqpro’vementcan be
achieved only by reduction of thickness ratio.

5. The 66-series airfoils tested were found tobe decidedly
inferior to the other sections as far as maintaining good high-speed
lift characteristicsbeyond the critical speed. Forward movement of
the position of minimum pressure to @-percent of the chord, in addition
to raising the madmum lift coefficient at high speed, produces two
effects favorable to high-speed stability and control.
in angle of zero lift and decreases in lift-curve slope
delayed to Mach nunibersfarther above that at which the
rise.

Ames Aeronautical Laboratory,
National Advisory Committee for Aeronautics,

Moffett Field, Cal-if.,December 13, 1951.
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TABLE I.- AIRFOIL

and ordinates given in

ORDINATES

percent of[Stations airfoil chord]

NACA 63-2o6 NACA 63-208

- C’4rfFlca

matiml

0.5%
.6U

l.m
2.s2

%
lo.@4
15.0%3

%%’
30.053
35.039
40.OX
b5.o12
m.m

%%
69.970
71@9

WE

;:g

OmMrat

o
-.6L5
-.’m
-.917
-1.2M
-1.634
-1.932
-2.L67
-2.25
-2-753

z:%
-2.970
-2..S5
-’2.m
-’2.5U
-2.239
-1-927
-1-%5
-1.226
-.857
-.523
-.a7
.Oa
.139

0

0
.444
.6s-7

1.179
2.418

~:g

lh.w

o
.715
.676

1.12J
1.X
2.2ss
2.7-?0
3.=
3.e61
b.+>
~.@O
4.918
5.OW

.?:3
b.n7

:%
3.64>
3.170
2.657
2.115
1.%3
1.01.3
.W

o

s: 0.%.

.

La l-dims 0.297mmcatimuG-m@LE.to.-
.E. rm

P L. E.: O.@k?nowofndinsthm

NACA 63-2T0 NACA 63-2=
I OmerInrfamI Lnmm—m’urfamI
lw0nlGTdM12tn-lor’lwel

0 0
.4W .876

;gj ;;;

7-3s2 3,372
9.e& :.$
14.@3
19.X72 5:2W
24.917 9.6A7
ZJ.. p.

%% ;:2
W.cm 5.5s9
55.013 5.235
am+ b.765
65.032 b.a%
70.037 :.g
75.039
&.036 2:414
85.03 1.761
ES& ‘ 1.UI

-533
102.(W o

0
.570 L-J

1:!% -1.165
2.6Z2 4.557
5.114- -2.121
7.618 -2.Z4
1o.118 -2.243
15.m -3.3=0
2J.C98 -3.6M
=%* -3.857
30.2.57 -3.*
3S.C+9 -3.970
40.032 -3.67
45.015 -3.6n

a% q

it% 2:205
~:~ W&

$:%J :;KJ

S& -m
mm) o

0 1010 0
-.ZC?
-1.la
-1.bca
-1.W
-2.65
.3.115

3:5
A.5J+5
-4.616

.!+17 1.032

.657 ;.%
1.lb5 .

2.*
k:e63 3.230

:.: ‘%3

7.3s
9.873

‘r5. m

:%
1-355
2.622

w
lo.lbl
15.KG2

-1.1C4
-.601
-J5Q
.055

0
L. E. imWmz 0.770 i I I

L. E. ~: 1.C87
mqa of i-dim t&a@ L. E. o.ca42

.
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TABIE I.- CONTINUED

[Stationsand ordinates given in percent of airfoil chord]

NACA @-206
—-.. I LLuarulrfam

NACA 64-210

,

IL. E. rad.hu:“.~=W@ Of *UX thruushL. E.: 0.0% I

NACA 64-2o8

Oprerwarrwa I.G—ml’sKrfme

Ratiml OrQIJmti Statiul Or&lmtc

o 0 0 0
.b4g .m -555 -.6%
.rsm .M2 .812 --722
lAe.91.11o 1.322 --w
2.421 1.549 2.579 -1.177
k.912 2.* 5.0!9 -1..557
~.bu 2.6m -1.833
9.910 3.- 2:% -2.055

15.QS5
$% $% gg ;%

3:% ;:% :% ~:~

2% 1:% $:s 2:%
*.O3I km w.a.m -2.531
%.OU b.* -2.B6
@.&a 4.152 ?3:% -2.o1o
65.o27 3.79 64.973
70.031

-1.67k
3.s3 69.%9 -1.39

75.032 2.7k9 74.9a -.9W
&.o?l

::% :
%:3
B.010 1:2 g: ;i
lcct.cm o

L.E. rdlu: 0.k70
w of ~m thrwasbL E.z 0.024

NACA 64-212

—.-.. . . . . .-z .—..._ —z—— ——. .
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[Stations and

TABLE I.- CONTINUED

ordinates given in percent of airfoil chord]

NACA 65-206

o
.460
.706

I.AM
2.ub
k. ~
i7. ?7

9.935
14.939
1$.

3:%

E%
n.tm
55.W9
&LoL6
65.oiz
T&cd
-maw
&.ca
85.O.ZI
W.ola
B-w
M-&cm

o
.524
:E
l.lko
L625
2.012
2.*
2.e69
y&7

i%
4.078
4.033

:%

::%
2.m
1.5*
1.a?7
.m.l
o

Lanr mrface

Crdbxta

o
-A2b
-.7=
-.633
-.769

-2%
-1.3%
-l.%
-L667
-L&e
-la%
-1.92.?
-L927
-1.ew
-1.797
-l.&
-1.447
-1..2I6
--*3
-.6s9
-.bg
-.lse
.C97

o

NACA 65-210

o
.435
.678

L.169
2.W3

:i$
14.e59

X&&

z%
%-w
55.o14
60.027
65.03
70.043
-m.&
.9d
85.0s
Xwea
54.014
lm.m

- Sm?am

Statim

o

Cmdirata

o
-.-m
-S59

-3..059
-L*
-la%
-2.221
-am

;ZJ

-3.m
-3.034
-3.9a
-3.%9
-3.7W
-3.433
-3.079
-2.6x?
-2.le4
-1.’=9
-1.19
-.7TU
-.293
.O1o
0

NACA 65-208

.
,,,.

I

.
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T.N3LE 1.- CONCIJJDED

[Stationsand ordinates given in percent of airfoil chord]

NACA 66-206 NACA 66-208

E ?.JxerCm’face

Haticm Ordlmti

o 0
.461 .X9
.707 .622
1.2a? .798
2.447 1.lU?
;:’% ;:%
9.959 2.=
lk.* 2.791
19.947 3.9S
24.xA
$:@$& @J

$:gj $cg

m:w :
&.o16- ;.E
65.om 3.641
70.OU 3.-
‘D.@ e.~
&.034
@.031 ;:g
W.023
S5.032 :m
lm.m 0

0:$
1.106
2.429

H%
9.918
14.92

3:%

$:~

Kg
gs.o12
6JJ.024
&#&l

As
&.&s
@Abo
Saw
s5.016
lm.m

L.I!.rdium 0.411
.91cqm0ftiwtlIm@l L.E.:0.094

0

.W
e-93
1.a24
1.403

W
2.E31
3.4*
3.H
h.m
b.6W
4.855
5.033
Ns5
S.oa

o 0

-.@
-.653
-.mo
-1.031
-1.355
-1.cql
-1.Arl
-2.W

2.$
-2.7?J

2:$?
-2.X5
-2-W
-&ml
-2.6$9
-2.4.?9
-am
-1.m
-1.-

::XJ

o

.5Z

.697
1.314
2.5n

;:%
lo.cft2
Wm
am-n

L$91
bml
4.469
4.034
3.463
z-a
2.ri9
1.38!3
0.654

L.2. rmlivs 0.2?3
s- Of rdiwti L.E.: 0.0%

NACA 66-210 NACA 66-=2

m=- -rf-

-==-ibtlm

-

0

-.m
-1.olb
-1.ae
-1.61.9
-2.177
-2.611
-2.9?7

3:3
-4.342

::%?
-k676
4.~
-u&
4741
4.g17
A.lm
-3.s43
-2.6n
-2.147
-1.403
-.n6
-.157
0

0
.4??5
.679
l.m
2.bn

Hi
19.912
24.w4
29.937

31$$!
90.(%0
55.016
&Lo30
6w3k?
70.05.I

$?:%
&.ow
9J.037
S5.o19
lm.~

0
-.70S
-AbO
-1.03J
-1.327
-1.769
-2.120
-2.3$13
-2.W
-3.-
-3.467
-3.S4
-3.’&e
-3.692
-3.%5
-3.e&9
-3.770
-3.s94
-3.272
-2J31s
-2.a31
-1.6?7
-1.W
-.%6
-.0%?
0

0 0

.s53 .576
1.* .834
1.462 1.344
1.*1 2-W
pm 5.117
3A59 T.*
k.oll lo.lz?

15.117
;:3 20.105
6.E?
6.

a.an

5

W.07S
6. 3.c57
7.0
7.C55 z:%
7.0s3
6.931 R&

::%
g.g

5.4a7 69:9
b.6Q 74.93

79.933
::% &4.943
1.ZJJ 03.557
0.703 w-m

lm.ca

I;.E.I-@dilm,0.652
nap of *W ~L.E.: odb

LE. l-dims O.m
.91crpe0fl-62i. t&mgh L.E.,O.&% I

.
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